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NACA RM I51HO6

EFFECTS OF REYNOIDS NUMBER ON THE AERODYNAMIC
CHARACTERISTICS OF A DELTA WING AT MACH
NUMBER OF 2.41

By John E. Hatch, Jr., and L. Keith Hargrave

October 22, 1951

Figure 15 of this paper is in error and should be replaced with new
Tigure 15 attached. This change also reguires s revision in the text as
follows:

Pages 13 and 14: Replace the last sentence beglnning on page 13 and
continuing on page 14 with the two following sentences:

"Up to about 10° angle of attack the spanwise load distribution was

reasonsbly independent of Reynolds number. Outboard of the 40 per-

cent semispan station of the wing at 10° angle of attack the experi-
mental spanwise loading coefficients were considersbly lower than

predicted by the linear theory."
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RESEARCH MEMORANDUM

EFFECTS OF REYNOLDS NUMBER ON THE AERODYNAMIC
CHARACTERISTICS OF A DELTA WING AT MACH
NUMBER OF 2.h1

By John E. Hetch, Jr., and L. Keith Hargrave

SUMMARY

The resulte of an experimental investigation to determine the effects
of Reynolds number on the flow characteristics over a delta wing at a
Mach number of 2.41 are presented. The wing streamwise airfoil sections
are based on the NACA 00-thickness series with the maximum thickness
varying from 4 percent at the root section to 6.24 percent at the
90-percent spanwise station.. Force and pressure data for similar models
having an aspect ratlo of 1.57 were obtained over an angle-of-attack

renge at Reymolds mumbers of 1.0% x 106, 3.9 x 106, 12.6 x 106,
and 18.3 x 106.

The results showed negligible effects of a Reynolds number varia-

tion of 1.0k X lO6 to 18.3 X 106 on the measured force characteristics
over an sngle-of-attack range from 0° to 6°. For angles of attack from
6° to 20°, and increase of Reynolds number from 12.6 X 106 to0 18.3 x 106.
likewise had no effect on the force data.

The results did show, however, a definite effect of Reynolds number
on the flow and load distribution over the wing at angles of attack. On

the upper surface an increase in Reynolds number from 1.04 X 106

to 12.6 X 106 delayed the formation of a separated region near the leading
edge which termlnated in a shock wave along a rsy through the wing apex.
On the wing lower surface the pressure coefficlents over the forward

30 percent of the wing were Ilncreased as the Reynolds number variled

from 1.0k X 106 to 12.6 x lO6 Because of the compensating changes in
the upper-surface pressure distribution, the 1ift coefficients did not
change with Reynolds number through an angle of attack of 6° as verified
by the force data. As the Reynolds number was further increased from

12.6 x 106 to 18.3 x lO6 no effect on the wing pressure distribution was
evident.
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INTRODUCTION

Much wind-tunnel test deta on delta wings is now availlable. Various
plan forms using many different airfoll sections have been tested over

a range of supersonic Mach mumbers up to sbout M = 3. Most tests, how-

ever, have been conducted at Reynolds numbers much lower than those
realized by full-scale wings. The present investigation was undertaken
Zo determine the effects of a large variation of Reynolds number

1.04 x 106 to 18.3 x 10°) on the aerodynamic characteristics of &
delta wing and is believed to be the first such comparison made for one
wing at supersonic speeds over such a wide Reynolds number range.
Another purpose of the investigation was to provide high Reynolds number
data for the wing at angles of attack up to 20°. A test Reynolds number

of 18.3 X lO6 corresponds to a wing with a mean aerodynamic chord of
. 10 feet at an altitude of 60,000 feet and a Mach number of 2.41.,

The high Reynolds number data(.R = 12.6 X 106_and 18.3 x 106) were
obtained in a Langley 9-inch blowdown Jet of the Gas Dynamlics Branch,
and the low Reynolds number data were cbtained in the Langley 9-inch
supersonic tunnel. A description of the Jjet and the Jet calibration
are presented 1n- the appendix of this paper.

SYMBOLS

Free-stream conditions:

P mass deusity of air

v stream velocity

a speed of sound

M Mach number (V/=a)

qo dynamic pressure (%pve)

Po static pressure

R Reynolds number, based on wing mean serodynamic chord

Wing geometry:

S plan form

arrenG VR TOENE A Tz
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b span

c wing chord, measured in direction of flight

b/2 b/2 L4 ?
mean serodynamic chord f c2 f c dy s

T
t thickness
'y
a angle of attack, degrees :
b 4 coordinate along free-stream condition .
4
Y spanwlse coordinate 4 S

Pressure data:

P local static pressure
c pressure coefficient (-P—-—PQ)
P 9
Ap/qo lifting~surface pressure coefficlent per degree angle of
Py - Py
attack |—————
qy

¢
cpe/e span~loading coefficient £ ac
0 (o4

Force data:

.Cp, wing-11ft coefficient (%.iéﬁ)
: o]

c _ Drag

D wing-draeg coefficient (qOS)

CM wing pliching-moment coefficient about wing centrold of area

Pitching Moment
QOSE'
% 1ift-drag retio

- v
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Kp incremental-drag coefficient. due to 1ift. (CD - CDmin)

Subscripts:

u conditions on wing upper surface _

1 conditions on wing lower surface

r value at root section - —_ S -

max maximum value -
min minimm value

DESCRIPTION OF APPARATUS

Blowdown Jet

Jet .- The high-Reynolds-number tests were conducted ln a Langley
2 L1 blowdown Jet hdving a rectangular test sectlon, 9 inches wide * )

and 5E inches high A drawing showing the general arrangement of the Jet

is presented in figure 1. A boundary-layer scoop, which exhauste to the
atmosphere, is used to remove the boundary layer from just in fromt of

the floor-mounted, semispan wing model. The Jet has parallel sidewalls -
and had viewling windows covering the entire test section. ' h

By varying the stagnstion pressure in the settling chamber from

100 pounds per square inch gbsolute to 145 pounds per square inch
absolute, the Reynolds mimber was veried from 12.6 X 10° to 18.3 x 106,
The flnal Mach number distribution in the Jet test sectlon is presented
in figure 2. In this figure the wing model apex at an angle of attack
of 0° is located at station 1.5 and the trailing edge is &t station 11°.5.
The 1ip of the boundary-layer scoop 1s at statlon 1.0. A more complete
description of the jet is given in the appendix. '

Wing model.- The semispan wing models having an_aspect ratio of 1.57
were constructed from steel. Streamwise alrfoill sections are based on
the NACA 00-thickness series which has its maximum thickness at 30 per-
cent of the chord. The leading-edge radll were modified to average
sbout 0.4t percent of the local chord. As shown in figure 3(3), the
measured wing maximum thickness varies from 4 percent at the root +o
6.2k percent at the 90-percent semispan station. A typical section Is e
shown in figure 3(b). o '

CONETDENITAIN
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Structural considerations required two pressure models in order to
include all the desired pressure orifices (orifice locations tabulated
in table I). Each wing had two rows of chordwise pressure orifices
which resulted in four spanwlse pressure stations for the basic wing.
Figure 4 shows the semlspan wing geometry and the locations of the
chordwise pressure stations. A third model wes constructed for the
force tests. Each model was constructed to within ¥0.001 inch of the
speclfied ordinsates.

Langiey 9-Inch Supersonic Tunnel .

Tunnel.- The low Reynolds number data were obtained in .the Langley
9-inch supersonic tumnel. Thls tunnel is a single-return, direct-drive
type in which the pressure and humidity of the enclosed alr can be
controlled. The tunnel has recently been repowered and the stegnation
pressure can now be regulated between 0.2 and 4.3 atmospheres at a Mach
number of 2.41. A Mach nunber distribution in the test section
of 2.41 * 0.015 was determined for the stagnation pressure range of 1
to 4 atmospheres. Throughout the tests the amount of water vapor in
the tunnel air was kept at sufficiently low vaelues to insure negligible
effects of condensation in the test section.

Wing model and support system.- The full-span model was constructed
of brass. The section shapes varied slightly from those of the semispan
model due to Ffabrication error (see fig. 3). After the force tests were
completed, pressure tubes were installed in the model along the same span-
wise stations as those in the semispan model.

Ag shown in figure 5, the full-span model was mounted from the
rear on 8 very slender tapered sting support. An identical support
arrangement is described in detail in reference 1 in which tests were
made to determine the 1lift and drag of the sting alone. It was found
that the 1ift force was negligible, and that the drag force was almost
constant with angle of attack. At a Mach number of 2.41 the sting gave
a8 drag coefficient of spproximately 0.0005 based on the wing area of the
present tests. The magnitude of the drag coefficient contributed by the
sting to the wing-sting combination is doubtful, but it was probably
somevwhat less then the 0.0005 value since some of the frontal area of
the sting was buried in the wing and most of the sting was immersed in
the boundary-layer flow of the wing.
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TESTS AND PRECISION

Force measurements on the semisgpan model were obtained by a three-
component strain-gage balance system over an angle-of-attack range from
0° to 20° in increments of 2°. . Pressure data were slso obtained at the

same angles at a Reynolds number of 12.6 X 106, but the maximum angle

of ettack obtainsble was 16° at a Reynolds number of 18.3 X 106. Both
force and pressure data were recorded photographically.

Since pressure orificesg were installed on only one surface of each
wing, the models were set at positive and negative angles of sttack in
order to obtaln pressures on both the upper end lower surfaces at any
one angle of attack.

Pressure data for the full-span model were obtalined over an angle-
of-attack range from 0° to 10° in increments of 2°. Force data were
obtained for angles of attack from 0° to 6° in increments of 1°. The
angle of attack was obtalned by initially referencing the wing in the
tunnel with respect to the tunnel center line and then using an optical
system for relative angles of abtack.

The liquid-film method was used in the low Reynolds number tests
to supplement the pressure distributions in the study of the flow over
the wing. This method was the same as that used and described in refer-
ence 1. The model was given a black finish before applying the liquid
£1im solution. Upon completion of a run, the wing was dusted with white
powder. Accordingly, the wet (low shear) reglons appear white and the
dry (high shear) regions remain black.

In order to compare the force datas for the wing-sting combination
with the force data for the floor-mounted semispan model, it was neces-
sary to correct the full-span model drsg coefficient to account for the
base drag of the sting. The pressure in the moveble windshield and
belance box was controlled at approximstely free-sgtream pressure; there-
fore, the base drag correction was very small.

Because of the presence of the pressure tubes downstream of and near
the trailing edge of the wing, the pressure readings for the orifices
located 5 percent of the root chord from the tralling edge are of
doubtful accuracy.

To understand better the wing-flow characteristics, a method was
devised to determine the local flow direction over the upper surface
of the full-span wing at angles of attack. Small, symmetrical, free-
floating vanes were ingtalled on the full-span wing at 15 different
locations. Figure 6 shows the physlcal dimensions of the vanes as well

wGORFIDRIGIRAT.
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as the vane locations on the wing surfasce. The vanes were so located
on the wing during each rur that no interference effects between vanes
were possible.

The angles through which the vanes were turned st each wing angle
of attack were read by means of a cathetometer mounted outside of the
tunnel. The accuracy of measurement of the indicated flow angles is

o
estimated at ‘.':%'.

The estimated probsble error In the aserodynsmic coefficients for
the two models are as follows:

o
Model ( deg) CL CD CM CP R M

+0.0050 |1.04 x 100

--=~—-[$0.0002{ ¥0.0002| 20.0002
Full Span 10.0015/3.90 x 10

2.41 * 0.015

+0.00k0|12.6 x 10°

Semispan {10.10]0.0030]%0.0006{ £0.0003 +0.0026118.3 x 106

The probsble error in angle of attack of the full-span wing is 0.07°
in the initisl reference of the model with respect to the tunnel center
line and +0.03° in relative angle of attack.

RESULTS AND DISCUSSION

Force Data

A comparison of the force data for the semispan, floor-mounted wing

at Reynolds mumbers of 12.6 x 108 ana 18.3 x 100 with the data for the
full-span, sting-supported model at a Reynolds number of 1.04 X 106 is
presented in figure 7. The theoretlical 1ift curve as determined from

the linear theory is plotted for comparison. Pitching moments are

teken sbout the cemtroid of plan-form area, with the wing mean aerodynamic
chord as the reference length. Within experimental accuracy, the force
data at negatlive angles of attack and positive angles of attack are the
same. As a result, only the data for positive angles of attack are

shown.

Lift.~ The experimental 1ift curve for the high Reynolds number
tests is linear up to sbout an angle of attack of 10°. From angles of

GONE IDENER Ll
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attack of 10° to 20°, there is a slight decrease in the lift-curve slope.
The low Reynolds number tests also show the linearity of the 1ift curve
up to an angle of attack of 6°, the extent of the test range. The experi-
mental lift-curve slope through zero 1ift is sbout 0.025 per degree;
whereas the theoretlcal value of the lift-curve slope calculated by the
method of reference 2 is 0.0295 per degree. '~

A comparison of the wing-1ift curves at the two Reynolds numbers
indicates that, within the experimental accuracy of the tests, the
Reynolds number has no effect on the wing-lift coefficients over the
angle-of-attack range covered by the comparison, 0° to 6°.

Pitching moment.- The pitching-moment coefficients as shown are
taken about the wing center of area. Through the common range of angle
of attack, 0° to 6°, the data obtained at the two test Reynolds numbers
are approximately the same and indicate a center-of-pressure location
close to the center of wing aresa which agrees with theory. The data

obtained at the Reynolds numbers of 12.6 X 106 and 18.3 X 106 for an
angle of attack from 6° to 20° show a forward shift of the center of
pressure with increasing 1ift. At an angle of attack of 20°, the center
of pressure moved to a point 3.4 percent of the mean aserodynsmic chord
ahead of the wing center of area. B -

Drag.~ Within the experimental accuracy of the test procedures,
the wing-drag dats obtained at each Reynolds humber agreed over the
common angle-of-attack range from 0° to 6°. Over the complete angle-
of-ettack range for the tests at both Reynolds numbers; the drag-rise
factor ACD/CL2 1s approximately equal to the Teciprocal of the 1ift-

curve slope and implies practically no leading-edge suction force.

A minimum drag coefficient of 0.009%5 wes obtained from both tests.
It would be expected that a lower minimum drag coefficient would be

obtained from the tests at a Reynolds numbers of 1.0k X 106 ‘than from
the high Reynolds number tests since the flow over the wing will be
largely laminar et the low Reynolds number; whereas turbulent flow would

probably exist over most of the wing at a Reynolds number of 18.3 X 106.
In order to compare the two minimum drag- -coefficient values, however,
ficient (epprox. 0.0004) would have .to be substracted from the -
0.0095 value.

A wing pressure drag coefficient at zero 1ift of 0.0058 was deter-
mined from the high Reynolds nmumber pressure-distribution data. Subtrac-
tion of this value from the minimum drag coefficient gives a friction-
drag coefficient of 0.0037. This result compared with a value of 0.0040
for the compressible turbulent friction-drag coefficient as obtained _
from extrapolated experimental data of reference 3. o

SR
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Less complete low Reynolds number'bressuré-distribution data
estimates the same pressure dreg coefficient at zero 1ift as that
obtained from the high Reynolds number data. Subtraction of this value
and the 0.0004 sting contribution from the minimum drag coefficilent
glves a friction-drag coefficient of 0.0033 for the wing at a Reynolds

number of 1.04 X 106. This value compares with en Incompressible skin-
friction coefficient of 0.0026. The larger experimental viscous drag
coefficient could be the result of separated flow, a small region of
turbulent flow, or a higher than estimated sting drag contribution.

Lift-drag retic.- A maximum 1ift-drag ratio of 6.% was obtained
by the wing at an angle of attack of approximately 5°.

From a comparison of the force data obtained for the wing at

Reynolds numbers of 1.0L4 X 106 and 18.3 X lO6 it is evident that
Reynolds number has little effect on the wing-force coefficients over
the angle-of-attack range covered by the comparison, 0° to 6°.

Pressure-Distribution Date

The greatest effects of Reynolds number on the aerodynamic data for
this delta wing were found in the pressure distributions. Although dif-
ferences in the pressure distribution were readily 6pparent as the

Reynolds number varied from 1.04 X 106 to 12.6 X 10°, the pressure data

were the same for Reynolds numbers of 12.6 x 106 and 18.3 x 109 up to
engles of attack of 16°. Only representative dete which show the effects
of Reynolds number are plotted in this paper. Complete pressure data

for the wing at each angle of attack for each Reynolds number investigated,
however, are presented in table I.

Upper Surface.- The data of the present investigation show the
presence of spanwlse pressure discontinuities on the wing upper surface
beginning at about an angle of attack of 4° at a Reynolds number

of 1.04 x 106 and at sbout an angle of attack of 10° at a Reynolds number
of 12.6 x 10® ang 18.3 x 106.

For example, figure 8 shows the spanwise variation of pressure
coefficient at the 90-percent root-chord station. At an angle of attack

of 6°, the data for & Reynolde number of 1.0% x 106 show that a separated
region of approximately constant negative pressure exists near the leading
edge which terminates in an abrupt pressure jump at sbout the LO-percent
semispan station. The high Reynolds number date Indicate no such pres-
sure discontinuity at this angle of attack. As the angle of attack 1s
increased to 10°, however, the pressure jump occurs even at the highest

11'!!!!?‘5;‘&;
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Reynolds number. From other spenwlse pressure plots taken et difffer-
ent chordwilse statlons it 1is possible to determine that the pressure
Jump, which exists on the upper surface, lles spproximately &along the

ray % = 0.17.

The strong resemblance of the present pressure data to that of
reference & indicates that the pressure disconmtinuities could be the
result of shock waves on the upper surface of the wing. Unpublished
work by Clinton E. Brown of the Langley laboratory indicsted the exist-
ence of shock waves on the upper surface of delta wings st angles of
gttack even when the leading edge is swept well behind the Mach cone.
The data of reference 5 also show the exlstence of shock waves normal
to the wing surface, but oblique to the supersonic stream.

In the present investigation, if the jump in pressure were caused
by & shock wave then the component of local Mach number normal to the
ray slong which the pressure Jump lies would have to be supersonic.
The results of the vane survey showed that, for wing angles of sttack
of 69, 80, and 10°, the flow over the upper surface was turned toward
the root chord s sufficient amount to result in the component of flow

normal to the ray g% = 0.17 +to be supersonic. It was therefore con-

cluded that the pressure dlscontinulty on the present wing represented
a shock wave.

The vane-survey results at a wing angle of attack of 10° and a

Reynolds number of 1.0k X 106 are shown in figure 6. The table (fig. 6)
gives, for each vane location, the angle in degrees through which the
flow is turned from the free-stream direction and the local Mach number
as computed from the pressure data. Positive angles indicate that the
flow is turned toward the root chord. Local Mach numbers at vane posi-
tions 2 and 5 could not he calculated because of the sbsence of pressure
tubes in the vicinity of these vane positions. The vectors at vane
positions 2 and 5 are, therefore, shown by dashed lines. Figure 6
further shows thet behind the shock wave the vanes indicate that the flow
hes turned back to a direction approximately parallel to the free stream.

It may be noted from figure 6 thet the vanes were mounted 0.125 inch
above the wing surface. This 0.125-inch height was selected as a result
of systematic tests to determine the effect of the height of the vane
ebove the wing surface on the indicsasted flow angles. When mounted
0.07 inch above the wing surface the vanes were well in the wing bound-
ary lsyer, and for angles of attack above 6° the vanes outboard of the

rey % = 0.17 indicated that the flow in the boundary layer wes turned
away from the root chord toward the low-pressure area at the wing tip.
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When raised to a height of 0.125 inch gbove the wing, the vanes indicsted
that the flow outboard of the ray % = 0.17 was turned toward the root

chord. As the helght was increased further to 0.30 inch, the indicated
flow angle was somewhat less than the maximum indicated flow angle. It
is not expected that one particular vane helght sbove the wing surface
will give the true flow direction at each vane location. It was felt,
however, that the 0.125-inch height, in general, gave a good indlcation
of the flow direction over the wing surface.

The variation of the indiceted flow angles across the span at the
T0-percent root-chord station with wing angle of attack is shown in
figure 9(a), and figure 9(b) shows the vane locations on the wing profile
at the TO-percent root-chord station. It is significant that the abrupt
change in the indicated flow angles occurs at the location of the ray
along which the pressure discontinuity occurs. Insufficient pressure
data across the span at this station, however, does not permit a complete
correlation of pressure data and vane-survey data.

At each chordwise station the formation of the shock wave slong
the ray &L = 0.17 was delayed to a higher angle of attack with each
b4

increase in Reynolds number. As the angle of attack was increased to 16°
at high Reynolds mumbers, the shock wave contlinued to exist but, a=s

shown by figure 10, its locatlon moved inboard with each increasging
angle of attack. As the angle of attack was Increased to 20°, the
presence of the shock wave is no longer evident at the 90-percent-root-
chord stetion. Spanwise pressure distributions at the 60-percent and
fO-percent root-chord stationsg, however, show that even at an angle of
attack of 20° a shock wave continues to exist on the wing, but its
inboard movement with angle of attack stops at about o = 16°.

Iigquid-film pictures taeken at a Reynolds number of 1.0k X 106 are
presented in figure 11 to further show the location and development of
the pressure Jjump on the upper surface of ‘the wing. As the wing angle
of attack is increased from 0° to 10° the development of the disturbance
(high shear) area is evident.

It has been indicated in reference 5 that the formation of a similar
shock wave on the upper surface of two delta wings investigated at super-
sonlc speeds was primerily a function of the Mach number of the flow
component perpendicular to the swept leading edge and the shape of the
airfoill in the vicinity of the wing leading edge. The data of the
present investigetion, however, show that the formation of the shock
wave also varies with Reynolds number and 1s, therefore, greatly depen-
dent upon viscous effects.

X
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This shock-waeve formetion on the surface of delta wings appears to
be very complex and probably involves several variables, such as,
leading-edge profile, Mach number, Reynolds number, and thickness dis-
tribution. At the present time, no single varisble is known to be the
controlling factor in the formation of the shock wave.

Examination of chordwise plots of the _pressure data at Reynolds

numbers of 12.6 X 106 and 18.3 X 106 shows the presence of a curved
shock wave near the wing leading edge lyilng essentlally along the

rey %.: 0.3. The shock wave is first formed et sbout « = 6° and

exists up to a wing angle of attack of 12°. - Above an angle of attack
of 12° the presence of this shock wave i1s no longer evident. The data

obtained at a Reynolds number of 1.0L4 X 106 does not show the presence of
the shock wave through an angle of attack of 10°. At a Reynolds number

of 3.9 X 106 the existence of the shock wave 1s evident only at an

angle of attack of 6°. The effects of Reynolds number on this shock-
wave formation near the leading edge is not clear since the upper-surface
pressure distribution over the wing near the leading edge does not con-
slstently very with Reynolds nmumber.

Since a large change in Reynolds number changed the flow character-
istics over the wing, any downwash survey made behind the wing would be
affected by a large variation in Reynolds number. It would also be
expected that the effectiveness of control surfaces located at the tip
and at the trailing edge would vary with a large Reynolds number change
since the separated region first begins at the tip and moves toward the
wing apex and root chord with increasing angle of sattack.

Lower surface.- On the wing lower surface there was also found a
definite variastion of pressure distribution:with a change in Reynolds
number. Figure 12 shows the chordwise variation of pressure coeffi-
cients for the 55.5-percent semispan station for angles of attack of 20
6° and 10° at each Reynolds number. Forwaerd of sbout the 30-percent-
chord station, the pressure-distribution curves are shifted in a positive

direction as the Reynolds number is increased from 1.04 x 106 to 12.6 X 106.
As the Reynolds number was further increased to 18.3 X 106 no additional.
displacement of the curves is evident. The displacemeni, of the lower-
surface pressure-coefficient curves indicates that the section stagnation
point moveg rearward with en lncrease in Reynolds number. The increase

in pressure coefficient over the forward pert of the lower surface alone
would result in a higher 11ft coefficient at any angle of attack for

the high Reynolds number tests. Because of the compénsating changes in
the upper-surface pressure distribution, however, the 1ift coefflcients

did not vary with Reynolds number through the compared angle-of-attack

N #.?’"-.‘di"-\f' A - . -
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range of 0° to 6°, as verified by the force data. From gbout the
30-percent-local-chord station to the tralling edge, the pressure-
distribution curves for the wing lower surface show no significant
difference for the different Reynolds numbers.

It 1s felt that the changes in pressure distribution which occur
with a change in Reynolds number gare not a result of elasgtic deforma-
tlon of the different models due to air loads. If the wing models hed
deflected, the chordwise pressure distributlons on both the upper and
lower surfaces would be affected. On the wing lower surface through a
wing angle of attack of 10° the pressure distribution varies only over
approximately the forward 30 percent of the alrfolil, as shown by fig-
ure 12. Over the remaining TO percent of the airfoll where the greatest
deformation should occur (the thinnest part of the wing), the pressure
distributions are about the same for each Reynolds number for any one
angle of attack. It was, therefore, concluded that the differences in
pressure distribution which existed with a change in Reynolds number
were not a result of elastic deformation of the wing.

Loading.~ Since differences have been shown to exist for the upper-
and lower-surface pressure distributions as & result of a large varia-
tion of Reynolds number, it is of interest to determine the effects of
Reynolds number on the over-all loading of the wing. Figure 13 shows
the distribution of experimentael loading coefficlents per degree angle
of attack for o = 10°. At the 1l1l.l-percent semlspan station the

loading coefficients at a Reynolds number of 1.04% X 106 indicate an
abrupt decrease in loading at the position of the shock wave which
exists on the wing upper surface; whereas the loading for the other
Reynolds numbers at this station show good sgreement over the entire
chord. The influence of the shock wave on the loading coefficilents

at the 33.3-percent semispan station is evident by the sudden decrease
in loading at sbout the 65-percemt-chord station. At the 33.3 and
55.5-percent semispan stations there is a definite trend of higher
loading coefficients with an increase in Reynolds number over about
the forward 30 percent of each station. In moving outboard to the
T7.7-percent semispan station the same general trend of higher Ioading
coefficients with increaging Reynolds number is again evident, but the
differences are smell and occur over the rearward part of the chord.

As the angle of attack was increased from 10° to 20° the loading
coefficients at high Reynolds numbers varied as shown in figure k.

The departure from theory of the over-all experimental loading at
high angles of attack is presented in figure 15, which shows the vari-
ation of span-loading coefficient as obtained from the integrated pres-
sure distribution at each chordwise station. Up to about 10° angle
of attack the spanwise load distribution agreed-feiriy—weIl WiITH the—

Wos RpasonaBliyiN pxefendent

ST .
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dEIo O 8 !Lngt high angles of attack has also been
obsgerved in unpubli ed data obtalned from the Langley 9-Inch supersonic
tumnel for a delta wing composed of symmetrical double-vedge sections,
10 percent thick, investigaeted at angles of attack from 0° to 52°,
et M = 2.41, and a Reynolds number of 520,000. From these investiga-
tions it would seem that, for delte wings at high angles of attack,
airfoll shape end thickness dlstribution has practically no effect on
the spanwise load distribution.

CONCLUSIORS

From the experimental investigation to determine the effects of
Reynolds number on the flow characteristics over a deltas wing at & Mach
nunber of 2.41 the following conclusions may be mede:

1. Over an angle-of-attack range from 0O° to 6° & change in Reynolds

number from 1.04 x 106 to 18.3 X 10% had no significant effects on the
measured force characteristics. For angles of attack from 6° to 20°

an increase in Reynolds mmber from 12.6 X 105 to 18.3 X 108 likewise
had no effect on the force data.

2. The results did show, however, a definite effect of Reynolds
number on the flow over the wing at angles of attack. On the upper

surface an increase in Reynolds number from 1.0k X 106“to 12.6 x 106
delayed to a higher angle of attack the formetion of a separasted region
near the leadling edge which terminsted in a shock wave along a ray
through the wing apex. As the angle of atback was incressed to 20° at
high Reynolds numbers the shock wave continued to exist.

3. On the lower surface the pressure coefficlents over the forward
30 percent of the wing were increased as the Reynolds number varied from

1.0k x 106 to 12.6 X 106. Because of the compensating changes in the
upper-surface pressure distribution the measured 1ift coefficients did
not vary with Reynolds number through the compsred angle-of-attack range
of 0° to 6°.

e JOTFTDENT 10
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4. For an engle-of-attack range from 0° to 16°, an increase in

Reynolds mumber from 12.6 X 105 to 18.3 x 106 had no effect on the wing
pressure distribution.

<

Langley Aeronasutical Lsboratory
National Advisory Committee for Aeronsutics

Langley Field, Va.
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APPENDIX

DESCRIPTION OF BLOWDOWN JET

The supersonic nozzle section of the Jet wae designed by the method
of characteristics to produce a uniform flow at M = 2.41 in the test
section. Boundary-layer displacement thickness along the supersonic
nozzle was computed by the method of reference 6. The same boundary-
layer displacement thickness was assumed to exist along the sidewalls,
end the combined boundary-layer correction was applied to the theoretical
nozzle ordinstes.

Straln-gege balance system.- Force data were obbtained by a three-
component straln-gage balance system. The balance system rotated with
the wing model and at each angle of sttack measured normal force, chord
force, and pitching moment. The pitching moment was measured about the
50-percent root-chord station.

The balance was temperature-compenssted and callibrasted to deter-
mine interaction effects between components. Interaction effects were
so small that they could not be recorded on the scales. Each force com-
ponent on the balance was transmitted to & separste single-channel
gelf-balancing Brown potentiometer. The force date were recorded .
photographically. : ' _

Angle-of-attack mechanism.- The floor-mounted models were attached
to a turntable which was rotated over a wing angle-of-attack range of
120° by a remotely-controlled electric motor. The wing angle of attack
wasg measured by means of an electrical slide wire resistor attached to
the turntable transmitting its reading to a slngle-channel self-balancing
Brown potentiometer. .- Each angle of attack was checked by means of a
protractor assembly mounted on the Jet test section and turntable.

Before each series of tests, the zero angle of asttack was carefully
egtabilished from & previously determined reference plane.

JET CALTBRATION

The Mech number distribution throughout the Jet test sectlon was
determined by means of a static tube rake survey. The reke was
so mounted that the five static tubes were in a vertical plane. A
survey was made along the test-section center line (in increments of
1 in.) as well as along one transverse station 2& inches on each side

of the Jjet center line. At each station the Mach number was determined
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from the ratio of free-stream static pressure to the settling-chamber
stagnation pressure.

The finsl test-sectlon Mach number distribution is shown in
figure 2. In front of the shock wave formed by the boundary-leyer
scoop, the Mach number is 2.43 ¥ 0.01, and behind the shock wave caused
by the scoop (in the region occupied by the wing model) the Mach number
is 2.41 t 0.015. Uniform flow existed in the test section for a distance
of 13 inches. The Jet callbration was conducted &%t a stagnation pres-
sure of 115 pounds per square inch absolute which would result in a

Reynolds mumber of 2.17 x 108 per inch.

All callbration tests were conducted in a range of stagnation
dewpoints which eliminated any effect of condensation.

During the Jet calibration, a disturbance was found to originate
at the Joint between the turntable and the test-section floor, even
though the maximum difference 1n level between the two surfaces was
approximately +0.002. The disturbance ceaused a change in Mach number
of ¥0.03 1n the test section and was detected by the static rake during
the longitudinal survey of the Jet. The disturbance was eliminated by
spreyling the Jjet floor and turnteble with surfacing putty and polishing
the resulting continuous surface o a high gloss. The smoothness of
the surface was maintalined during all callbration tests and wing tests.

Throughout the testing program the scoop edge was kept sharpened
t0 a knife edge to reduce the strength of the shock wave formed at the
1ip of the scoop. From the Jet calibration, it was determined that the
loss in Mach number across the shock wave at the scoop is 0.02.
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Figure 2.~ Mach mmber distribution in the M = 2.)1 blowdown Jet test
section.
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\
Vane Yane locqgtion Flow Locadl

no. x/cr y/cr angle Mach no.

| .300 .035 3°36' 2.32

2 .300 .100 g°2l' —

3 500 .055 |- 0°45' 2.69
4 .500 13 9°3¢0' 3.09

5 500 .170 [1°39' —

6 .700 .078 |- o°2!1 2.756
7 .700 .105 0°33 2.75

8 .700 .128 10°30' 3.14

9 .700 .158 9°57" 3.25

10 700 .180 [1°42' 3.31
11 .700 .208 14°00' 3.32
12 .700 .235 12°54 3.35
i3 .900 100 |[— 4°24 2.75
14 .900 .200 5°36' 3.34
15 .900 .300 15° 18" 3.45
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Figure 6.- Local flow direction on wing upper surface as determined from
vane survey, a = 10°; R = 1.0} x 106,

a——

m



Lift coefficient

om—TT _ NACA RM I51HO6

Drag coefficient

50 >
A
GL - bl
40 L A A £
= 1 ):—'3
30 Linearized theory| 4 7| \//‘\’ £
2Pt 8
Pl O
A 4 E
20 ] 02
e ’}/ CM p g
10 )z P &
2 U= Ol =
4 e £
0% (/\ &4 — _ o @
—
18 -z| ‘ S
16 o R=104 x10° 8
onis rsl 1/ .
L
D »
2 5 i
; X &
/ N Y
10 —A 5 2
7( ; §>/ g
' P o
08 |17 S 4 g ‘
e ] W J—:-
06 I — an U PO
5 = 3
04 ] : o 4~ 5 __
/ i | -
02 / |- l . *
Y > 1 |
G0 ' SIAA
08 2 4 6 8 10 12 14 16 18 zoo
« , degrees : i

Figure 7.— Variation of wing aerodynamic ‘characteristics with angle of

attack for different Reyrolds numbers. .

L przing



NACA RM 1L51HO6 SIS
-.20 =
V.
e e
Ak =|—D—1C -1
/N ~ /|
-2 '
,/,/4% -
-08 K= ~ B o =
i -— OR =104 x |08
04 OR=390x 108
o g<126 x10°
183 x10°
0
20 x =6°
’ . 1R
£ _l6 /| 1 7
S - - i
- I/ // />/ Z
5 /A -
2 _ - <
Eg 12 _—;79, ] \'
8 ey ____'E :::5/ ///’/
o -08 i e e
[
£ .04 90c¢,
) .
20 =22 )
’ {/--:4' )/_— /;Q/
_18 Y - yd
I/ rd
// 47 |Linearized theory
-12 ¥ —
- — N e
—_ =T i
-08
-04
B
0 I N B

0 10 20 30 40 50 60 70 80 90 100
Percent semispan
o =10°

Figure 8.~ Spanwise variation of upper-surface pressure coefficient
at 0.90c, at different Reynolds numbers.
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(b) Vane locations on. wing profile.

Figure 9.~ Results of vane survey on wing upper surface at 0,70c, station.
R = 1,04 x 108,
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Figure 10.~ Spanwise variation of upper—surface pressure coefficient
at 0.,90¢cy at high apngles of attack,
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Figure 12,~- Chordwise variation of lower-surface pressure coefficient
at 0,55b/2 at different Reynolds numbers.
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Figure 13.~ Chordwise variation of wing loading coefficient at different
Reynolds numbers for a = 109,
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Figure 1lli.— Chordwise variation of wing loading coefficient at high angles
of attack at Reynolds numbers of 12,6 x 106 and 18.3 x 106,
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distribution at different Reynolds numbers.
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